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PERFORMANCE POSSIBILITIES OF THE TﬁRBQJET SYSTEM
AS ‘A POWER PLANT FOR SUPERSONIC AIRPLANES

By George P. Wood
SUMMARY : L

The performance of hypothetical turbojet systems, without thrust
augmentation, as power plants for supersonlc airplanes has been
calculated. The thrust, thrust power, air-fuel ratio, specific fuel
consumption, cross-sectional area, and thrust coefficient are shown
for free—-stream Mach numbers from 1.2 to 3. For comparison, the’
performance of ram—jet systems over the same Mach number range has
also been calculated

For Mach numbers between 1.2 and 2 the calculated thrust
coefficient of the turbojet system was found to be larger than the
ostimated drag coefficient, and the specific fuel consumption was
calculated to be ¢onsiderably less than the specific .fuel consumption
of the ram—jet system. The turbojet system therefore appears to
merit consideration as a propulsion method for free—stream Mach
numbers between approximately 1.2 and 2.

~ INTRODUCTION

- The National Advisory Committee for Aeronautics has issued
several papers that present analyses of the performance possibilities
of Jjet engines. -In references 1l and 2, for example, calculations of
the performance of compressor-turbine - jet—propulsion, or turbojet,
systems operating at subsonic airplane speeds are given.. In
reference 3 results of an investigation of the performance of - :
continuous~flow ram~compression Jet-—propulsion, or ram-jet, systems"
propelling aircraft at supersonic speeds are presented. The gquestion
naturally arises as to the potentialities and the limitations of the
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turbojot system as a power plent for airplenes at supersonic speeds,
The results obtained from annlyses of the turbojet system operating
at subsonic speeds, however, canmot be expected to glve quantitetive
informmtion about the performance of the turbolJet system operating ot
aupersonic speeds. Because of the diffeorence in the compreseion
evailable from the forwerd speced, the optimum blower compression
retio for operation at supersonic speeds, for example, may be quite
different from the ratio for operation at subsonic speeds.

The purpose of the present peper is to roport en anaiytical
investigetion of the turbojet system as & means of propelling
airplanes and missiles at.supersonic gpeeds,

A comparison of the performances of the turbojet and the ram-Jet
systems et supersonic free-streem speeds is also given herein. .These
two systoms differ in three inherent characteristics that-affect
their performance as power plants, namely, maximum fluid temperature;
maximun fluid pressure, and maximum cross-sectionsl area. -The.
maximum fluid temperature that can be used in the turbolet system is
limited by the -mechanicel propertics of. the turbine blades.. The .
ram-Jet system, however, has no turbine, and higher maximum fluid

temperatures can therefore be used. The meximum fluid pressure in fl

the ram-jet system is limited to the pressure obteineble from rem,

The turbojet system; however, has a mechanical compressor, and higher o

maximum fluid pressures can therefore be used. The cross-sectional
area of the combustion chamber in the rem-jot system is greater than
in the:turbojet system because of the smaller density resulting from
less compression. The turbojet system, however, has a2 compressor ard -
a turbine, the cross-sectional arcas of which may exceed the cross-
gectional area of the combustion chember. In the present paper the
effeécts on performence of the differences in maximum temperature, .
maximum pressure, and maximum cross-sectionel area are shown.

The scope end the limitations of the present paper should be
understood. Answors erc given to the questions ag to whether the
turbojet system has a high enough thrust coefficient and a low enough
specific fuel consumption to nerit any consideration as a means of
supersonic-airplane propulsion, The effects of augmentation of the. ..
thrust-of .the turbojet system by means of injection of additional =
fucl behind the turbine, which is sometimes. called afterburning,.are..
not considered, Thrust augmentation might be used for flight ,
conditions in which additional thrust is needed, but an analyt¢cal
gtudy of thrust augmentation is too extensive for inclusion hbrein.

The present papcr, furthermore, considers only the performance
of power plants and does not consider the performence of complete
airplanes that are to be propelled by these power plents. As far es
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the problem of choosing between the turbojet and the ram-jet methods .
of propulsion is concerned, thé¢ present paper tHerefore glves only a
pert of .the information that is required for meking & choice.”
Additional information of e character different from that given herein
is needed for making a choice of power plent for an airplene that
would meet a given set of specifications as to spoed renge; anﬁ
cargo caepacity, This information should include the rate of air
induction (some of the results presented herein are given in terms of
rate of flow of inducted alr) the altitude of level’ fllght the
estimated weights of the turbojet end the ram-jot systems, end
whether the eirplane must lend at the end of the flight or 1s to ‘be .
uscd es a flylnn bomb

The Smeols used herein are dpfined in appendlt A ‘and the
enalysis ‘and method of caloulation are given in appe endix B.

DESCRIPTION OF PROPULSION SYSTEMS AND
ASSUMPTTIONS OF COMPONENT PERFORMANCE

The turhojot system con31dered herein is repregented in .
figurb 1(a). Afir enters the diffuser at supersonic speced and is
delivered to the mechanical compressor &t subsonic speed. After the
air leaves the compresgor, the air and fuel burh in the combustion
chamber. The combustion products drive the turbinc and then are
" eJected through the exhaust nozzlo.

In the present paper only hypotheticel - components of the system,
as distinguished from production units, were considered, Certain -
assumptions were made as to ‘the performence of each component, Two
types of supersonic diffuser werc essumed., One of thesé types was’
the fixed-geometry diffuser, which was termed "Diffuser A." The
performance of the fixed-geometry diffuser thet was uséd in the
present paper is.shown by the dashed curve of figure-2, The ratio
of total préssures across the diffuser is 0.9 for free-stroam Mach
numbers from 1.2 to 1.5 and decreases rather rapidly, as Mach number
is increesed,to & velue of 0.33 at o Mach number of .3, The part of
the curve between Mach nurbers of 1,6 and 3 is the theoretical ratio ..
of total pregsures across & normal shock that occurs at free-streem .
Mach number, Thig diffuser performﬂnca ig essentially that obtalned'uf
in the experimental investigation of fixed-geometry diffusers '
reported in reference 4,

The other type of dlffuser, vhich was termed "Diffuser B was
essumed to. give the total-pressure ratio shown by the solld curve . of
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figure 2. The. total-pressure ratio of this diffuser was assumed to.
e also 0.9 for free-strecem Mach numbers between 1,2 and 1.6 and to
dectease linearly to. a value of 0.75 at a Mach number of 3. The
perfotrmance shown by the solid curve cen perheaps be obtained by
variable-geonetry diffusers or by'dlffusers of the type deacribed
in references 5 and 6.

The compressor in the turbojet system was assumed to have an
efficiency of 85 percent. Various' compression ratios were assigned
to the compressor. The cross-sectional area of the compressor was
obtained by assigning a value of 0.4 to the Mach number at the
entrance to the compreesor and & value of 0,6 to the hub-tip diamecter
ratio of the compressor. Burning in the combustion chamber was.
agsumed to.be 100 percent complete and to occur in a frictionless
channel of constant cross-scctional area, The initial air velocity
in the combustion chamber wag set at 250 fect per second. Losses of
total pressure in the combustion chember due to the addition of heat
to & compressidble fluid were taken into account.

The total, or stagnation, temperature at the entrance to the
turbine was set &t 1500° F for most of the celculetions. The over-all
officicncy of the turbine was assumed to be 85 percent.- The cross-
sectional area of the turbine was obtained with tho essumptions that
~ the turbine was of the single-stege, axial, impulse type with full
edmission, that the flow through the bledes was frictionless, that the
absolute exit velocity from the blades was in the axial direction,
that the nozzles were at an angle of 15° to the plane of the wheel,
that the turbine developed Just the amount of power required to
. operate.the compressor at any given compression retio end free-stresm
Mach number, end that the hub-tip diameter . ratio was 0,7. These
assumptlons geve peripheral speeds that cexceeded 13 50 feet per
second in only a fow cascs. - :

The efflciency of the exhaust nozzle was - assumod to be
100 percent., Thrust was calculeted with the assumption that the
nozzle vas so designed that the exhaust fluid expanded to free-
stream ‘static pressure at the nozzle exit, : =0

: The rom-Jot systcm consldered herern is represented in,
figure 1(b). Air enters the diffuscr at supersonic spoed, 'is.
:delivered to the combustion chembsr at subsonic speed, is burned .
- with fuel in the combustion chamber, and then is ejected through the
exhaust nozzle.

The two d*ffuser performance curves (fig. 2) that were used in
tho calculations for the turbojet system were also used in the
calculations for the ram-jet system. The Mach number ot the entrance
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to the combustion chamber was varied upward from 0.2. Burning in
the combugtion chamber was assumed to be 100 percent complete and
to occur in a frictionless channel of constant cross-sectionnl |
area, Losses of total pressure in the combustion chamber due’ to the:
addition of heat to o compressible fluid were teken into account.
The efficiency of the exhaust nozzle was assumed to be 100 percent.
Thrust wos calculated with the assumption that the exhaust fluid
expanded to froe-streanm static pressure at the nozzle exit,

N\ RESULTS AND DISCUSSION

All the results prescnted are for operation in the. stratosphere,
that is, in the isothermal region that beging at an altitude
of 35,332 feet. The results for the turbojet system that are
dlscussed in detail ars all for a total temperature ot the turbine
" entrence of 1500° ¥, A few.curves for temperatures of 1200o and
1800° are also included.

Thrust and Air-Fuel Ratlo

The thrust developed by the turbojlet system psr pound of eir
per second. is shown in figure 3{a) as a function of the freec-streanm
Mach number. Curves are given for compression ratios of 2, 4, 6, 8,
and 10, The curves show that, for compression ratios of L and
higher, “the thrust decreases rapwdlv as Mach number is increased
ebove 1,2, For a compression ratio of 4 the thrust becomes zero at
a Mach number of approximstely 3, As the compression ratio is
increased above L4, the Mach number at which the thrust venishes:
decreases. For & compression ratio of 10 the thrust is zero at e
Mach number of about 2.4, At Mach numbers between 1,2 and 1.6, o
compresgion ratio of 2 produces essentially the same thrust as
that produced by higher compression ratios., At Mach numbers: greater
then 1,6 & compression ratio of 2 produces more thrust ‘than thet
produced by highor compression ratios, .

- The foregoing results ars due prlncinally to the fact that a
limit hags been placed on the moximum temperature that the fluid can
have in the turbojet system and to the value set for thet limit, At
the smaller Mach numbers shown in figure 3(a) the tempereture rise
due to rom and.to mechanical compression is smnll enough to allow e
large amount of fuel to be burned per pound of eir before the
limiting temperature of 1500° F is reached. At the lerger Mach
numbers shown in figure.3(a), however, the temperature rise due to
mechanicel compression in combination with the terpératurs rise due

;o
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to ram bringe the eir temperature so close to the limit that
relatively little fuel cen be burned. Air-fuel ratios for the
various compression ratios are shown in figure b, At a Mach number
of 1,2 the air-fusl ratio is 56 for & -compression ratio of 2.
Increasing‘the compression ratio to 4 increases the air-fuel ratio
only to 63. At a Mach number of 3, for a compression ratio of 2 the
air-fuel ratfo is 126, but for & compression retio of U4 the air-fuel
ratio is 280, At the higher Mach numbers, therefore, little or no’
thrust is developed by the turbojet system. The thrust produced by
a propulsive system is derived from the burning of fuel. If little
fuel can be burned per pound of air, then 1ittle or no thrust can be
devoloped

The thrust of the ram-jet system is shown in figure 3(b) for
air-fuel ratios of 30, 40, and 60, these air-fuel retios remaining
constant with Mach number. I should be remembered that since there
-~ 18 no turbine there is no 1:m1f1ng meximun temperature. At a Mach-
number of 1.2 the air-fuel ratio of the turbojet system with a
compression ratio of 2 is very close to 60, and the thrust developed
by the two systems can therefore be comparod at the air-fuel ratio
- of 60 at a Mach number of 1.2, The thrust of: the turbojet system is
42 pounds per pound of air per second and of the ram-jet gystem
is 25 pounds per pound of air per second. As the free-streem Mach
number is increased, the thrust of the ram-Jet System does-not
decrease rapidly, as does the thrust of the turbojet system, but,
with diffuser B, increeses, at least up to a Mach number of 3.’

Throughouu the present pepor it has been assumed thet ths com—
bustion chambers are of constant cross—sectional area. The cross—
gsectional area of the combustion chamber in the ram—-jet system is a
rather important quantity. In the first place, the thrust coeffi-
cient of the ram—jet system is based in the present paper on the
combustion~chamber area. In the second place, a loss of total pres—
sure occurs when heat is added to a compressible fluid in a constant-
area cambustion chamber. The loss of pressure is — other factors
being constant — a function of the Mach number of the fluid at the
entrance to the combustion chamber, which in turn is a function of
the combustion-chamber arsa. In the third place, the Mach number
et the combustion—chember entrance must be below a certain maximum
velue if choking in the combustion chamber is to be avoided. Thus,
the curve for an air—fuel ratio of 30 in figure 3(b) does not extend
down to a Mach number of 1.2 but ends at a Mach number of 1.4 because
of choking in the combustion chamber., . As is well known, when heat
is added to & compressidle fluid in a constant-ares passage, the
fluid accelerates and the local Mach number increases along the.
passage. The increase in Mach number depends upon the initial
enthalpy, the initial Mach number, and the amount of heat added
(or fuel burned) per pound of air., If the initial enthalpy is
low enough, or the initial Mach number is high enough, or enough



\

NACA RM No. LTHOSa 7

fuel is burned a final Mach number of unity is reached at the exit :
end of the combustion chamber and choking occurs. Figure 3(b) is
baged. on combustion chambers of such cross—sectional areas that the
Mach number of the a1r as it enters the combustion chamber is 0.20.
This Mach number is low enough to avold choking for air-fuel ratios
of 40 and 60 buj:choking-does occur for an air-fuel ratlo of 30 at

a free—stream Mach number ox 1.k, ‘ :

Curves for combustion—chamber entrance Msch n bers of O. 25
and 0,30 aro shown in Tigure 3(c). The fect that some of these
curves also end et free-strsam Mach numbers greater then 1. 2
indicates choking in the combustion chember., Comperison of -
figures 3(b) and 3(c) shows that, if choking does not_occur, the
.combustion-chamber entrance Mach number has very little offec+ on the
thrust developed by the rﬁm-Jet svstem.

-Thrugt quer

The thrust power developed by a jJet-propulsion gystem is, at a
givon Méch number, proportionel to the thrust forge developed by
- thet system. The same significant results therefore can be.obtainod
from & plot of thrust power that can be obtained from a plot of
thrust, Novertheless, as o metter of information, the thrust power
developed by the systcma under considcération has been nlottcd The
variation with free- stream Mech number of the thrust powsr per pound
of air per second of the turbojet system is shown in figure 5(a).

[y

For a constant value of compression ratio, as Moch number is increased

above 1,2, the thrust power rises to a maximum value and then
;decreasos. The existence of. e maximum is due to the fact that thrust
~.;power is proportional to the productof two quantities, of which one,
- thrust, decreases as Mach numbher is increased and the other,

free- strcam speed 1ncreases as Mach number is increased.’

The variation w1th free stream Mach number of the thrust pover
per pound of air per second of the ram-Jet system ig shown in
figure 5(b) : ‘

Specific Fuel Conéumption

Speciflc fuel consumptzon computed as pounds .of fuel per hour
per pound of thrust is showvn in figure 6(z) for the. turbojet system.
For a compression ratio of 2 the- specific fuel consumption remeins
at-values near 1,4 for all Mich nunbers between 1,2 and 3,0 if
diffuser B is used., With diffuser A the specific fuel consumption
increases rapidly at the higher Mach numbers. At Mach numbers of
about 1,2 to 1.6 the specific fuel consumption is decrensed ag the
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compression ratio is 1ﬂcreased at least as far as a compression
ratio of 10, For compre551on ratlos of 6 and higher, however, the
specific fuel consumptlon begins to increase rapidly at a Mach
number of dbout 1.8 and reaches very high values at Mach nunbers
between 2.0 and 3.0. .

The spe01flc fuel consumption of the ram-jet system is shown
in figure 6(b). For air-fuel ratios from 30 to 60, the specific
fuel consumption of the r&m-Jet gystem is conswderably greater than
that of the turbojet system at Mach numbers between 1,2 end 2.0. At~
Mach numbers between 2.0 and 3.0 the spe¢ific fuel consumption of
the ram-jet system either is approx1mately the same as or is less
than that of the turbojet ‘system. On" the vasis of spec1fic fucl
consumption, therefore, the turtojet system shows e decided '
superiority over the ram-jet system at- Mach numbers between 1,2
and 2.0,

Specific fuel consumpt;on computed' as pounds of fuel per thrust
horsepower-hour is shown for the turbojet system in figure 7(a). At
a frece-stream Mach number of 3,0 a compresslon ratio of 2 gives a
lower specific fuel consumption than higher compresswon ratios. As
the Mach number is decreased, the compression ratio ‘that gives the -
lowest specific fuel consumnt'on 1ncreases. Thus, at a Mach number
cf 2.0 a compression ratio of 6 gives a lower specific fuel .
consumption than any other compression ratio. At a Mach number
of 2,0, however, the diffcrence between the specific fuel- consumptlcns
of systems with compression ratios from 2 to 10 is very small. At a
Mach number of 1.2, however, a compression ratio of 10 gives & much -
lower specific fuel consumption than & compression ratio of 2 but
only a sllghtly lower sp001flc fuel consumption then a compression -
ratio of 6.

The curves for the various compression ratios show thet quite -
low values of specific fuel consumption are, at least theoretically,
attainable in the supersonic turbojet system. At e Mach number
of 1,2 the minimum specific fuel consumption shown iz 0.46 pounds
per horsepower-hour, at a Mach number of 2.0 it is 0.32, and at
Mech number of 3,0 1t is 0.26. These velues_ are much lower than
thoge attainable at present with a conventional engine-propeller
gystenm at subsonlc airplane. spoeds.

As has been shown in the section entitled "Thrust and Air-Fucl
Ratio," as the frec-strcam Mach munber is increased the thrust of the .
turbojct system with the higher values of compression ratio decreases
rapidly to zero. Porrcspondlnglv, as tho thrust approaches zero, the
specific fucl consumpt‘on of the systems with the h“gher values of- ;
compregsion ratlo sncreases ranldly.
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In figure T(b) the specific fuel consumption of the ram-jet
system is shown for comparison with that of the turbtojet system. -
The specific fuel consumption of the rem-jet system is shown to be
much greater than that of the turbojet system at a Mach mmber
of 1.2, The difference between the specific fuel consumptions of
the two systems decreases as the Mach number is increased. At a
Mach number.of 3.0 the specific fuel consumptions of the ram-jet
system and of the turbojet system with a compression ratio of 2
are about the same.

. Crogs=Sectional Areas

Cross-sectional areas that are of ‘intercst are the free-stream
area of the inducted air, the total arce of .the compressor, the area
of the combustion chamber, the total area of the turbine, and the
area of the exhaust-nozzle exit. The free-stream cross-gsectional
area AO of the inducted .air, which is the same as the air-inlet

arca of & diffuser of the type shown in figure 1, is given in
figure 8 for various altitudes. Although the area ' Ay is not

important in itself, all plots of other areas are given 1n terms .
of Ay and not in terms of Wy in order that a single curve will

appiy at all altitudes in the stratosphere and that therefore it will
not be necessary to show a different curve for each altitude ag is’
done in figure 8. :

~The ratlo.of the compreesor total arca A, to AO _islshown in .

figure 9. TFigure 9 applies to all the turbojet systems considered
herein, that is, to all compression ratios, all values of meximum
temperature, and all altitudes in the stratosphere. Figure 9 wes
plotted on the conservative basis of compressor.entrance Mach number
equa16to 0.4 and compressor entrance hub to-tip -diameter ratio equal
to O . . ’

The ratio of the combustion-chamber.area Age " to AO is shown

in figure 10. Figure 10(a), for the turbojet system, was prepared

on the basgis of combustlon-chamber entrance velocity equal to 250 feet
per second. Figure 10(b), for the ram-Jot system we.g prepared for
combustlon-chamber entrance’ Mach numbera of 0.20, 0.25; and O, 30

The ratio of the total cross- sectlonal area of the turbine AT
to Ag is shown in figure 11. Figure 11 was prepared on the

assumption that the turbine was a single-stage impulse type with a
hub-to-tip diameter ratio of 0.7.. The curves for the higher
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compregsion ratios were not extended to the larger wvalues of Mach
number, because single-stage turbines would not be sufficient in
this region unless their peripheral speeds exceeded 1350 feet per
gecond.  The curves for the higher values of compression ratio
actually are not needed.in the region of large Mech numbers, because
the thrust decreases rapidly to zero in that region. The
agsumptions uded herein for calculating turbine areag are
congervative and lead to rather large turbine areas for the lower
values of the compressor compression ratio. Less conservative
essumptions could give considezably smaller areas

For a compr6991on,ratlo of 2 the turbine areas are much larger. '
than the compressor areas, For a compression ratio of 4 the turbine
arcas are somevhat larger than the compressor areas. For a
compression ratio of 6 the turbine and compressor areas arec very
nearly the seme. For compression ratios greater than 6 the area of
the compressor is greater than the area of the turbine.

The ratio of exhaust-nozzle_exit, or maximum, area Agyit
to Ap 18 shown in figure 12, These arcag were calculeated on the

agsumption that the exhaust fluid oxvanMed at the nozzle exit to
free-stream static pressure.

Thrust Coefficient

One of the most significant quantities for showing the
performence of a power plant is the thrust coefficient. The data
on thrust and arecas glven in preceding figures have been used to
obtain figure 13, which shows the variation with free-stream Mach
. number of the thrust coefficients of the turbolet system and, for
comparison, of the ram-Jet system. The thrust coefficient - -Cp 18

defined as the thrust divided by the product of free-strcam dynamic
pressure and an area. For the turbojet system (fig. 13(2)) the area
that was used in calculating the thrust coefficient was the cross-
gectional arca of the compressor or of the turbln whichever areca
wag larger, : - : -

Comparison of figures 9 end 10(a) shows that the cross-sectional
erea of the comprecssor is greater than that of the combustion chamber.
Comparison of figures 9 and 11 shows that for compression ratios of 2
and 4 the cross-sectional ares of the turbine is greater than that of
the compressor, for a compression ratio of 6 the arcas of the turbine
and the compressor are very nearly the same, and for compression
ratios of 8 and 10 the area of the compresscr is grsater than that of
the turbine. Comparison of figurecs 9 and 12(a) shows that at Mach
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. numbers less then 2.2 the ares of the compressor 1s greater than
that cf the exhaust-nozzle exit and that at Mach numbers of 2.2 and
higher the erea of the nozzle exit is either avproximately equal to
or greater than the area of the compressor. Nozzle-exit areas,

~however, were not used in calculating Cp. If, for a given set of

conditions, the thrust of a Jet system were celcnlated for various
nozzle-cxit areas, the thrust would have & maximm value &t the
nozzle-exit arca thet exparided the fluid to the ambient pressure.
There is a large varietion in the nozzle-cxit areca that gives almost
maximum values of thrust, however, and not much thrust is sacrificed
by using exit arees consxderaoly smeller than the exit area that
gives maximm thrust,  (See reference 3.) For the purpose

of reduction of eaternal drag, supersonic Jet power plants

would undoubtedly use exheaust nozzles thc exit aregs of which were
no greater than the maximum arvea of the rest of the power plent.

The thrust coefficients shown in figure 13(a) can therefore bé
considered to be based on meximum ‘cross-sectional areas.

The thrust coefficients of the turbojet system with high
compression ratios are large et the smaller values of Mach number
shown in figure 13(e). The thrust coefficients decrease rapidly to
zero &s the Mach number is increased because the thrust decreases
raplidly to zero. At the smaller values of Mech number the thrust
coefficients for the lower compreassion retios are much less then for
the higher compression ratios because of the large turbine cross
sections thet are requlrcd with low compression ratios at the smaller
Mach numbers.

No dctails are given in the present paper of the extermal

- design of the housxng, or fuselage, of the turbojot system, such &s
the wedge angle of the leading edge of the air inlet, the length of
the fuselage, or the smoothness of the fuselage surface; accordingly,
no precise estimate of the drag of the housing is attempted. At a
given Mach nmumber the drag due to shock depends on the wedge angle,
and the drag due to friction depends ‘on the smoothness of the surface
.and on the Reynolds number behind the shock. This Reynolds number
in turn depends on the wedge angle, the fuselage length, and the
altitude. The drag coefficient. of the system bascd on meximm
cross-sectional area cen, however, be roughly estimated to be 0.15.
This value of drag coefficient can be compered with the thrust
coefficients shown in figure 13{a). The thrust cocfiicients arc
ssen to be adequate with low or high compression ratios at the
smallexr Mach numbcrs and with low compregsion retios &t the larger
Mach numbers.

‘The thrust coefficients of the ram-jet system arc shown in
figgres_13(b) and 13(c). Thesc coefficisnts are besed:on the cross-
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sectional area of the combustion chamber. (See fig. 10(b).) The
thrust coefficients generally far exceed the estimated drag
coefficient of 0.15. The thrust coefficients of the ram—jet system -
are generally grcéater than those of the turbojet system at the
larger Mach numbers.  The thrust coefficients of the ram-jet system
with diffuser A were calculated for the same kind of diffuser that
wag asbumed in-part of the analytical studies of reference 3. - -
Diffuser B is much more efficient at the higher Mach numbers-than -
diffuser A and results in much.larger values of the thrust coef—
ficient at the higher Mach numbers. The large difference in the
thrust coefficients with the two diffusers is due principally to
differences in the area of the combustion chamber. (See fig. 10(b).)
Comparison of figures 13(b) and 13(c) shows also that an appreciable
gain in thrust coefficient is obtained by making the Mach number at
the entrance to the cambustion. chamber as large as possible. The :
Mach number at the entrancé to the combustion chamber is made-larger
by decreasing the combustion-chamber area, and the resulting increase
in thrust coefficient is due .to the decrease in cambustion-chamber
area, :

Maximum Temperature

The curves showing the performaﬁce'of the turbojet system“were
calculated with the use of a maximum fluid total temperature. of

- 1500° F at the entrance to the turbine. The fact that a maximum

limiting temperature is necessary in-the turbojet system has a large

~effect on the performance-of the system, particularly in that a’

maximum temperature causes the thrust of the system to become zerc at
some value of free-—stream Mach number in the neighborhood of 3. In
subsonic turbojet systems some variation of maximum temperature
from 1500° F does not have a very large .effect on the performance of
the system. Figures 14 and 15 are presented for -the supersonic . :
turbojet system with diffuger A, with a compreBSIOn ratin of U, and
with maximum temperatures of 1200°, 1500°, and 1800° F. Figure 14

. shows the variation in the free—stream.Mach number at which the
system develops no thrust, and figure 15 shows the variation in the

free~stream Mach number at which the specific fuel consumption reaches
a minimum and begins to increase rapidly. -

"CONCLUDING REMARKS

. The performance of hypothetical turbojet systems of propulsion
of supersonic airplanes has been calculated for free—stream Mach
numbers from 1.2 to 3. For comparison, the performance of the ram—

" Jet system has also been calculated for the same range of Mach number.
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At Mach numbors between l.2 and 2 the calculated thrust coeffiseient
of the turbojet system was found to be greater than the estimated
drag coefficient. As Mach number is increased the thrust coef*icxent
of the system with a compression ratio of 6 or more rapidly
decreases and reaches zero at Mach numbers between 2 and 3. At Mach

muibers betwesn 2 and 3, therefore only compression ratios leas than 6
should be consldered. .

‘A‘ -

At a Mach number of 1.2 the specific fuel consumption of the
turbojet system is much less than that of the ram-jet system with
comparable thrust or thrmst coefficient. - As the Mach number is
increased toward 2, the difference between the Spucixic fusl
consumptions of the two 3ystems decreasas. : &

The fact that at fres-stream Mach numbers between 1.2 and 2 the
turbojet system has adequate thrust coefficient and low specific fuel
consumption (comparsd with the rem-Jet system) means that the
turbojet system can logically be considered as a possible power plant
for supersonic airplanes operating et those Mach numbers. The cholce
between use of the two systems should, of coursc, not be based
solsly on the fact that the apecific fuel consumption of the turbojet
system 1§ lower than that of the ram-Jet system. The turbojet
system is inhcrently heavier than the ram-jet system. For flights
of great enough time duration, howover, the combined weight of the
power plant and the fuel will be less for the turbojet system.

Other factors than flight duretion - such as the advantage that the
turbojot system may have at take-off, in accelerating to flight.
speed, and in landing - should -zlso be considercd. -

Langley Memorial Aeronautical Laboratory e
National Adviusory Committee for Asronautics
Langley Field, Va.
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APPENDIX A
SYMBOLS

cross-sectional area, sq ft
total cross-sectional area of compressor, sq ft
cross-gectional aréa of combuétién'chamber, 89 %

cross-sectional area of'ekhaust;nézzléiexit, 8q ft

. total cross-sectional area of turbine, sq ft

. spocific heat at cogstant pressure, Btu/1b/°F

f - '
thrust coefficient -
ST 2
| | Vo A

acqeleratiéﬂldﬁe-to gravity, ft/sec?® (32.2}
static 'enthalpy, Btu/ld L
total onthalpy, B,:tu/lb

nechanical equivalent of heat, £4-1b/Btu (778)
total-praséure ratio across diffuser

Mach number ‘ |

static pressure, 1b/sq ft

_total pressure, 1b/sq ft

thrust. powver, hp

turbine power, ft-1b/sec

compression ratio |

gas conatant, ft-lb]lb/°F abs. (53.5)

maximum totel temperaturs, Op
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T static temperature, oﬁ abs,

Ty total temperaturo, °F abs.

T thrust, lg

u periphoral spoed of turbine, ft/sec
v " velocity, ft/sec

W,  welght rate of flow of air, lb/sec
We \weight rate of flow of fuel, lb/éec.
a noézle angle (a.ngle botween Vs =nd
Y ratio of specific heats |
ul efficioncy of compressor

Np efficiency of turbinse

o static maas denaity,‘élug/cﬁ ft

Py total mess density, slug/cu.ft

- Subscripts:

0,... 7 stations,shown in figure 16

u)

15



16 | . NACA RM No. L7HOSa
APPENDIX B

ANALYSIS AND METHOD OF CALCULATION

Turbo jet Systen
The stations that were used in the analysis of the turbojet
systen are shown in figure 16(z). The performance of the system was

obtained for each set of“values assigned to the parameters by
calculating the state of the working fluid at each station.

) ' © (1)

At station 0, in the {ree streum,

T g {1 Lo My2 : (2)
to 0 2 . :
AO ~ 1l
ke (3)
a 80OVO
iy 2 . 4
="78RToMg : (4)

The diffuser is between stations O and 1. The function of the
diffuser is to receive air of Mach number greater than unity from
the free atream and to deliver ailr of Mach number less than unity
to the compressor with a minirmm loss of total pressure. The
computations were made for two types of diffuser. One type is the
fixed-geometry diffuser, a theoretical and experimental investigation
of which was reported in reference 4., The theory of reference k4
takes into account the fact that the configuration of the diffuscr
must be such that ostablishment of supersonic flow inside the
Adiffuser can be effected. The esteblishment of supersonic flow in
the converging part of the diffuser is -generally preceded, befors
design speed is reached, by a regime in which there is a bow wave
in front of the dlfquUr and subsonic flow in the converging section,
as shown in figurc 17. The shock first moves up to the entrance of
the diffuser, providsd that tho throat, or minimum section, of the
diffussr is large enough to accormodate the passage, at a Mach
number not greater than unity, of all the fluid contained between the

4
po—
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dashed lines of figure 17. The shock then enters the diffuser, \
pesses through the threat, and is established in the diverging
section.

The net result of these considerations is, however, that the
throat area cannot be much smaller than the entrance area, and
therefore little diffusion of the supersonic flow is obtainsble.

The minimum Mach number that can be obtained at the throat, according
to the results of reference 4, is shown in figure 18 as a function
of frec-stream Mach number. It i3 evident that the Mach number at
the throat is only slightly smaller than the free-stream Mach
number. For stability, furthermore, the shock should occur not at
the throat dbut in the diverging section behind the throat. In the
diverging section the Mach number increases downstream, and the
shock that occurs in the diverging section must occur at a Mach
number thet is greater than the throat Mach number and that
approaches free-stream Mach nuwber. Losses ii the subsonic part of
the diffuser contribute to the total loss between stations O and 1.
In figure 19 the upper curve is the theorstical ratio of total
pressure across-e ncormasl shock that occurs at the minimum throat
Mach number shown in figure 13. The test-point symbols in figure 19
are the cxperimentally obtained ratios of total pressure across the
diffuser, as given in reference 4. The lower curve is the
theoretical ratio of total pressures across a normal shock that
occurs at free-stream Mach number. The experimental points lie
close to the lower curve, This curve, walch is also shown in
figure 2, was used herein as the performance curve of the fixed-
geometry diffusers (of. the kind described in reference k) for free-
stream Mach numbers between 1.6 and 3.

The other type of diffuser for which computations were made was
‘assunmed to give the total pressure ratio shown by the solid curve of
figure 2. The diffuser performance shown by this curve can perhaps
be obtalned with variable-geometry diffusers or with diffusers-of the
type described in references % and 6. Both types of diffusers were
assumsd to give a preassure ratio of 0. g9 at Mach numbers from 1.2 to

1.6,

Condltions at the entrance to the compressor (station 1,
fig, l6(a)) ers given by equations (5) to (11) as follows:

Pty = KPyg | | (6)
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T, =T, . cor D

N ——— - (8)

: Ty .
1+ Z—:—}M 2 . '
2 A ' iy
vy = 7eRT M, : | (10)
A, - 1
s :
(11)
A

.In the present paper, in order'thét.thé cross-sectional areas of the-

compressors could all be calculatsd on the same basis, the -
compressor-entrance Mach number M; was set at the same value, 0.4,

for all compressors, that is, for all values of the compression
ratio. The ratio of the hub diameter to the total. dlameter of the
axial-flow compressor was set at O, 6 for all compression ratios,

The total cross-sectional area of the compressor A, is then 1. 56A .

Conditions at the exit from the compressor (statlon 2) are given
by equaticns (12) to (ik) as follows:

P, = TPy o (19)

(13)
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Pty
EETtQ

Pty = (14)

A compressor efficiency of 85 percent was used in all the calculations.

The temperature corresponding to a given value of the enthalpy,
or the enthalpy corresponding to a given value of the temperature, was
' found from the relation.

A

N T ;
B =J Cy aT = 0,236202T + '<l.63ll e 10‘9'1‘2 + (1.1oh X 10"9>.T3 (15)
o - : : )

which was adapted from equation (3) of reference 7. Equation (15)
written with H, and Tt in place of H and T gives the relation

between totsl enthalpy and total temperature., It should be noted
that the enthalpy as defined by equation (15) and as used in the
present paper is based on a value of zero absolute enthalpy at zero
absolute temperature. TWRatiocs of enthalpy frequently occur in the
equations given herein. In these equations, therefore, values of
absolute enthalpy must be used and not values of relative enthalpy
based on a zero of enthalpy at same other temperature than absolute
ZeY0. ' '

The initial Velocity.in thé combustion chamber V3i was set

at. 250 feet per second. An isentropic change in flow area between
stations 2 and 3 was assumed. Then : o

, Bytmy, 69
By, =By, | o an
Py =y, L e

4

Tﬁe:qpéﬁﬁi%&j Tts,.iquouﬁd by means of eqﬁatiqn (15). Then

2 ; ) Ll g T o :t. .‘:
M7 = : ‘ “(19)
3 78RTt3 ...7_1 S L 9)

o

2
V3 2
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inasmuch as

] ~1y2 |
and
M2 = —— (21)
7€RT3
Then
~ p‘b ’ )
{33 = 5 3 N L (22)
and. ,
A 5
3 1 , :
== | __ (23)
a 833 ' .

Between stations 3 and 4 combustion occurs. It is assumed that
enough fuel is burned to raise the total tempersture at station 4 to
a maximum permissible value. Three values of maximum total tempera~
ture were used, 1200°, 1500°, and 1800° F. The corresponding values
of H are 406, 483, and 561 Btu per pound, respectively. In order
to simflify the calculations, the effect on the specific heats of
the chénge. in the chemical composition of the air when fuel is added
is not taken into account herein in - the calculations for the turbojet
system. Some degree of approximation is therefore introduced. The
ratio of air to fuel is, however, generally large in the turbojet
system,and the error introduced by the simplification is therefore
small,

In the combustion chambers in current use, rather large losses
of total pressure occur. Much of the loss 1s doubtless due to
changes in the shape and in the area of the flow passages. Data
for satisfactorily calculating these losses are not available. In
the present paper the only loss in total pressure in the combustion
chamber is assumed to be the loss due to the addition of heat to a
compressible fluid. For constant—area combustion the ratio of total
pressures at entrance and exit is a function only of the entrance
Mach number M., and the ratio of total enthalpies at entrance

and exit Ht3/?ﬂth‘ The total pressure at the combustion—chamber
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exit Pt), is given by equations (24) and (25)' in which there are
only two unknowns, Mh and th

¥ - 1 \
(1 +. My 2) (1 PR Mf = :
b Z ' 2y
vy -1 \_ 2. ( )

(1 % 7Mh)\1 + M,

)

i*

L

Py

I’O

y-1
2)
By, My Q*"E" P42,>\1+7M%)

= (25)
Iit M "/1 * -—:-« M 2>/1 - My, >2 )
B U VAN
The air-fuel ratio is
W 19,000 Hy # Fy »
Wo  Hy -8 .
T . 'tl{. ‘ t3

In equation (26) the value of the heat of combustion of the fuel
has been taken to be 19,000 Btu per pound.

For the purpose of calculating the cross--sectional area of the
turbine, a number of assumptions were made regarding the turbine.
These assumptions permit at least an approximate calculation of the
area to be made. The turbine was assumed to be of the single-stage,
axial, impulse, full-admission type. ' Friction in the blades was
neglected. The velocity of the Tluid with respect to the casing was
asgumed to be in an axial direction et the exit from the blades.

(For frictionless impulse blades, this condition gives maximum
efficiency.) The power developed by the turbine is ihen

Py = W'aJ(Ht5 — H 6)

='HE u<y5 cos @~f.q> | | (27)

In equation (27) V5 is the absolute velocity of the fluid after
the fluid has passed through- the “turbine nozzles and is entering the

\
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turbine blades. For frictionless impulse blades the velocity of the
fluid relative to the blades is the same at entrance toand exit fram
_the blades, and the absolute value of the angle between .the relative

" velocity of the.fluid and the turbine axis is the same-at entrance

and exit. Under the additional condition that ‘the absolute exit
velocity from the wheel 1s in an axial direction, the peripheral
velocity of the wheel is' then

~

u=% 5cosor. ) _ (28}

~ Equation (27) cen -then be rewritten as _

Bp= WaJ<Ht5 - Hy 6>
_ wIa,- 2. 2 - ' '
| K = Eg- V5 cos“a | o (29)

The work done by the turbine, however, is assumed to be equal to the

~work done on the compressor.

|— - . - H ) . N
Ht5 Hee = B, ) 0 (30)
Therefqlre'
Pp = W,J (Hte :—-.-.Htl)

. s éﬁ V52 cos®a TS (31)

| pualm, —w :

2\t |
V5™ = S (32)

cos o

i}

The nozzle angle o was assumed herein to be 15°., Equation (32) was

‘used to find Vs, and then equation (28) was used to find the periph-

éral speed of the turbine wu. So long as the value of 'u did not
exceed approximately 1350 feet per second, the present method of
calculating turbine areas could be used. When the value of u
exceeded 1350 feet per second fox the higher values of compression
ratio at the higher values of Mach number, calculations of turbine
area were not made. .
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The Mach number at the entrance to the blades is given by the
following equation'

M2 = (33)
7eRls 7 -1
2
\L 2
The density is -~
Pt
2 (34)

| é.* > .-M597—l

The open area at the entrance to the blades in a radlal plane is
glven by the following equations

A5 o

— ST emeccvmatm—

W gp5v5 sin a

(35)

Under the assumption that the ratio of the hub diameter to the total
_dlameter of the turbine wheel is 0.7, the total cross—sectlonal area
of  the turbine Ap is 1. 96A5

At the outlet from the turbine (station 6) the total pressure is

. 4
B, - H \71
t Y
% '\ el

A value of 85 percent was used for the turbine eificiency nT'

I3

The static enthalpy H7 of the fluid after expansion through a

lOO—percent—effic1ent exhauvst nozzle to free—stream static pressure
1s given bJ tve relation : 2 :
"/.P’o' '7'

k.% 15

‘.

(371
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There is a considerable difference between Ht and. H7 and

consequently also between 76 and 77 For the present calculations
the values of H7 were obtained from-the tables of refersnce 7.

These tables give the enthalpy changes: asaociated with isentropic
pressure changes. Use of the tables eliminates much tedious
calouletion or interpolation on a Mollier chart and automatically
tekes into account the variation of 7y Dbetween stations 6 and 7.
The tables were computed for air, but in the turbojet system the .
air-fuel ratio is so high that neglect of the change in y with
air-fuel ratio is Justified. ,

The ‘velocity of exit from the,airplane is given by the relation
: v,° _EgJQ?.t —H) | (38

The thrust per pound of air per second s B}

W 8 ,Wag
The thrust poweTr per pound of air per second 1s
e oove T -
T S ()
W, S50 .

o From H7 and equation (15), 'I‘7 is found. The exhaust-nozzle—
exit area per pound of air per second is then '
Ay 1 RT - | |
wa, 897v7 P0v7 .

~

Ram-Jet System

The stations that are used in the analysis of the rampjet system
are shown in figure 16(b). Condltions at station O in the free stream .
are given by equations (1) to (4). The supersonic diffuser is between
stations 0 and 1. The diffuser performance of figure 2 was used for
the rampjet as well as for the turbojet system.l Conditions at the

i
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v

entrance to the combustion chamber (étation i) are given by equa—
tions (5) to (11). The Mach number at station 'l was set at 0.20,
0025, and o-3o. ' 5 280 5

Conditions at station 6 following combustion are given by
equations. (24) to (26) with subscripts 1 and 6 substituted for
subscripts 3 and 4, respectively. Air-fuel ratios of 30, %40,
and 60 were used in equation (26). Figures 20 and 21 were plotted )
by means of equations (25) and (24), respectively. The ratio HJ%/Ht

is found from equation (26), then Mg is found from equaetion. (25) or
Figure 20, then pt6//pt is found from equation (2%) or fig-

ure 21, The conditions under which choking occurs can be readily
seen from figures 20 and 21. These figures also’show that even
undexr choklng conditions the loss of total pressure due to the
addition of heat is not very large.

The enthalpy change in the exhsust nozzle was calculated by
equation (37). The gquantity 7y in equation (37) was adjusted to
take into account the fact that the alr-fuel ratios for the ram-jet
system were small enough for the fuel to have an appreciable effect
on the value of y. The effect on ¥ of the temperature change
between stations 6 and T was taken into account by estimating the
temperature at statlon T, obtaining the corresponding values of 77

and then using the average of 76 and 7o in equation (37).
Effects of dissociation and heat~capacity lag were neglected.
Exhaust velocity i1s given by equation (38), thrust by equa~—

tion (39), thrust power by equation (40), and exhaust-nozzle exit
area by -equation (L4l).
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Figure 9.- Ratio of total cross- sectional area of
compressor of turbojet system to air-inlet area
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Figure 10.- Ratio of cross -sectional area of combustion
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. Figure 10.- Concluded.
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as g function of free - stream Mach number
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Figure 12.- Ratio of exhaust - nozzle exit area to
air-inlet area as a function of free- stream .
Mach number. Altitude, strotosphere.
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(b) Ram-yet system. M, =0.20.

Figure 12~ Continued.
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Figure |3.- Thrust coefficient as a function of
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Figure 13- Continued.
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Frgure 18.= Mipitnum diffuser-throat Mach
number as a furnctiorn of free-stream Mach
numper. (Theory of reference 4.)
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